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1. INTRODUCTION

The U.S. Army is currently devoting a large amount of resources to the development of
future generations of launch systems. The projectiles to be launched will travel at hypersonic
velocities, well above Mach 5. One major problem at these velocities is that the fins
on existing kinetic energy (KE) projectiles can be expected to fail because of excessive
heating and structural loading. The new families of hypervelocity KE projectiles must
possess satisfactory aerodynamic characteristics to achieve increased terminal performance,
yet withstand the hostile launch and flight environments of the hypersonic flow regime.

The aerodynamic research for the hypervelocity program is focusing on several critical
aspects of projectile performance, including (1) drag and its various components, (2) pitch-
plane static and dynamic stability, (3) surface heat transfer, (4) thermal response, and (5)
real gas effects. The U.S. Army Research Laboratory (ARL) continues to develop and apply
complex three-dimensional computational fluid dynamics (CFD) models to predict each of
these aerodynamic phenomena. The latest challenge is to apply and extend these capabilities
to higher velocities than previously attempted in-house and impact the design of the new
class of hypervelocity projectiles.

The primary objective of this report is to present recent CFD results of surface heat
transfer characteriscics for two existing supersonic finned KE projectiles (M735 and M829)
and for a conceptual hypersonic flared KE projectile configuration. The in-flight surface heat
transfer is a necessary boundary condition in the simulation of projectile thermal response.
Results for the M735 and M829 projectiles are presented for their respective service velocities
(both less than Mach 5). Results for the hypersonic configuration are presented for velocities
approaching Mach 12 (about 4 km/sec). By comparing results for these three configurations,
an appreciation is gained for differences in heating characteristics attributable to higher
launch velocities, as well as differences between fins and flares. The computational approach
is a parabolized Navier-Stokes (PNS) technique, and the methodology and relevant issues of
this technique for computing surface heat transfer characteristics are addressed herein.

2. A NOTE ABOUT BLUNT NOSETIP HEATING

The determination of in-flight surface heat transfer characteristics on the blunt nosetip
has long been an important element in projectile design. A literature search will verify that,
30 years ago, much effort was expended on the problem of nosetip heating and ablation
for re-entry vehicles. Currently, many U.S. Army KE projectiles possess steel nosetips that




prevent ablation from occurring. Research into new materials is being pursued to protect
the projectile nosetips from ablation at the higher launch velocities expected to be reached.

In this regard, it is emphasized here that in-house work is ongoing to maintain a capability
to model blunt nosetip aerodynamic heating at hypersonic speeds, including real gas effects.
However, the work to be reported here assumes a pointed conical nosetip, and attention
focuses on the KE projectile forebodies (i.e., the cone and cylinder) as well as the fins and
flares. Future modeling efforts will examine the downstream effects of blunt nosetip heating,
using the coupling approach reported in a previous research effort (Guidos, Weinacht, and
Dolling 1990).

3. HEAT TRANSFER ANALYSIS

The main objective in this report is to compute the perfect gas surface heat transfer
characteristics for KE projectile configurations at supersonic and hypersonic speeds. The
current approach is to compute the surface distributions of adiabatic wall temperature and
heat traasfer over the entire projectile surface. The CFD technique is described in a later
section. The heat transfer analysis begins with a quick review of relevant quantities to be

used, for which clear definitions and conventions are essential.

3.1 Adiabatic Wall Temperature. The adiabatic wall temperature, T,,, can be
defined as the surface temperature {(or temperature distribution) for which no heat transfer
occurs between the body and the fluid. The classical treatment of perfect gas adiabatic
wall temperature (Schlichting 1962) addresses the simpler case of flow over a flat plate. The
adiabatic wall temperature is characterized in terms of the boundary-layer edge conditions
(which, in boundary layer theory, are synonymous with free-stream conditions). This well-
known relationship is written here as

Tow = T(1+ 12 MY) 1)

in which M, is the edge Mach number, T, is the edge temperature, and r is the recovery
factor. An equivalent expression is obtained from Eq. (1) by employing the stagnation
relationships of compressible flow theory (Zucrow and Hoffman 1976), yielding

Taw = Te + T(To - Tc) (2)
in which T, is the edge total temperature.

For incompressible, laminar air flow over flat plates, boundary layer theory shows the

recovery factor to be equal to the square root of the Prandtl number (ie., r = (P,)V/? ~

2




(0.72)!/2 ~ 0.85). In support of this finding, Truitt (1960) cites laminar boundary layer
studies over a flat plate (Emmons and Brainard 1942) where the recovery factor was found
to vary almost exactly as the square root of the Prandtl number. Also, Schlichting shows
experimentally derived values (Eber 1952) of recovery factor for compressible, laminar air

flow over cones for Mach numbers 1.5 to 4.6 and cone half-angles 5° to 40°, and the theoretical
prediction of r = /P, is seen to be confirmed well within 5%.

In the case of turbulent air flow, Truitt cites flow measurements (Ackermann 1942) which
conclude that the recovery factor is approximately equal to the cube root of the Prandtl
number (ie., r = (P,)/? ~ (0.72)"/3 ~ 0.9). For turbulent flow over a cone at Mach
3.1, Schlichting presents data (Evvard, Tucker, and Burgess 1954) which show r = 0.88
downstream of boundary layer transition. In all, a large number of sources can be found in
the literature supporting the aforementioned relationships between r and F;.

This information is significant because it says, to a large extent, that the perfect gas
adiabatic wall temperature can be calculated with confidence if the edge conditions of the
boundary layer of interest are known. For simple flows, this concept is helpful since the
required edge conditions can be calculated using simplified theories. However, the edge
conditions of flows over complex configurations such as KE projectiles are not easily (or
accurately) calculated using simple theories, and so the usefulness of the recovery factor
becomes less certain. A relevant pursuit is to examine the utility of the common engineering
assumption of an adiabatic wall temperature based on free-stream conditions rather than
edge conditions, that is,

Tow = Tull + 7,15 LMz 3)

in which r; is the recovery factor applied to free-stream conditions.

3.2 Surface Heat Transfer Coefficient. The local vector of surface heat transfer
rate per unit area, g, is obtained from the computed flowfield solutions using Fourier’s Law,

that is,

oT
q= —k(51_2-) |wall €n (4)

in which % is the coefficient of thermal conductivity of the fluid, &, is the unit vector per-
pendicular to the body surface, and n is the physical coordinate along €,. The rate of heat
transfer from the fluid to the body per unit area, ¢, is defined as

q=—q-éy (5)

The local heat transfer rate is obtained from the computed flow fields by applying Eq. (4) as
a second order, one-sided, finite difference approximation along the transformed coordinate




extending outward from the wall (i.e., the { coordinate, which is formally introduced in the

next section).

The local surface heat transfer coefficient is defined by applying Newton’s Law of Cooling,
written here as

Ll ©

in which q is the local heat transfer rate that occurs for a specified wall temperature T,,. Once
h is adequately defined using Eq. (6), it can be used, along with T, as a boundary condition
in separate heat conduction computations. Heat conduction computations normally require
a model of heat transfer on the projectile surface, because computational power does not
yet exist which would allow a feasible coupling of the aerodynamic computations and the
heat conduction computations. If these two CFD analyses could be fully coupled, then the
instantaneous surface heat transfer and internal heat conduction could be calculated directly
and with the most accuracy. Such a coupled aerothermodynamics approach is desirable as

a long-term goal for this problem.

In summary, then, the current approach is to use CFD to compute surface distributions of
q and T, at Mach numbers that bracket the flight trajectory to be simulated. These values
of ¢ and T, are then combined to form surface distributions of A at each Mach number. The
quantities h and T,,, can then be employed in separate in-flight heat conduction computations
to simulate the transient thermal response of the projectile.

4. CFD BACKGROUND

The three-dimensional, viscous flow results presented here were computed using a parab-
olized Navier-Stokes (PNS) computational technique on a Cray X-MP/48 supercomputer
located at Aberdeen Proving Ground. The PNS technique, which has been extensively
used and developed in-house, is a powerful CFD research tool for supersonic and hypersonic
projectile configurations. The PNS technique is a space marching (as opposed to a time
marching) technique; that is, one numerical integration sweep is made from the nosetip of
the projectile to the base to obtain a single steady state solution. As a result, a solution for
a three-dimensional geometry at angle of attack may be generated using about an hour or
two of CPU time on a Cray X-MP. Axisymmetric configurations at 0° angle-of-attack flight
conditions may take less than 10 minutes. Time-marching techniques, on the other hand,
may take days or weeks of computer time on a Cray X-MP or Cray-2 to obtain a solution
over an entire projectile surface, excluding the base.

The PNS technology was first applied in-house (at the former U.S. Army Ballistic Re-




search Laboratory [BRL]) to compute static pitch-plane and Magnus coefficients for spinning
and non-spinning shell and for wind tunnel models at various angles of attack (Sturek and
Schiff 1981; Schiff and Sturek 1981). Similar applications were made to shell at moderate
angle of attack and to finned KE projectiles (Weinacht et al. 1985, 1986). The technique
was modified to compute roll characteristics of finned KE projectiles with exact fin geometry
using a rotating coordinate frame (Weinacht and Sturek 1988). The techrique was further
advanced to compute the pitch damping of finned projectiles (Weinacht and Sturek 1990)
and axisymmetric configurations (Weinacht, Sturek, and Schiff 1991) using coning motion.
A number of other BRL publications that report applications of the PNS technique to pro-
jectile aerodynamics have also been published during this time frame but are not formally

mentioned here.

Almost all previous in-house work with PNS was directed toward the prediction of aero-
dynamic force and moments, rather than heat transfer. But recently, with renewed interest
in achieving higher launch velocities into the hypersonic regime, the PNS technique has
once again surfaced as a valuable commodity for obtaining three-dimensional, viscous flow
results. The main obstacles for this task pertain to the careful application of the technique;
that is, resolving the boundary layer, generating converged cone start solutions, obtaining
oscillation-free solutions with minimal artificial smoothing, and eventually assessing real gas

effects.

Previous in-house CFD work involving surface heat transfer of projectiles is worth men-
tioning for purposes of perspective. Computational assessment of heat transfer on nosetips
and fins was first performed in-house using a computer program known as the ABRES Shape
Change Code - or ASCC (Sturek, et al. 1983; Sturek, Kayser, and Weinacht 1983). The
ASCC code was originally developed by Acurex Corporation as a fast, inexpensive way
to predict heat transfer, thermal response, and ablation of axisymmetric geometries (i.e.,
nosetips) and 2-D planar geometries (i.e., fins). Some recent developments and details of the
ASCC code can be traced in BRL contract reports by Suchsland (1981), Kobayashi (1984),
and Strawn and Kobayashi (1984).

A more rigorous CFD approach for modeling fin thermal response was applied by Weinacht,
Sturek, and Wooden (1984). This approach solved the two-dimensional, unsteady heat con-
duction equation with a second order accurate, partially implicit finite difference technique
which was initially developed in part by Dwyer, Kee, and Sanders (1980). For that study,
the in-flight surface heat transfer boundary condition was supplied by the ASCC code.

A set of PNS computations worth mentioning here was sponsored by the U.S. Army and
published by Thermal Sciences, Inc. (Nicolet and Srinivasan 1982). That study attempted




to assess real gas effects for a cone-cylinder configuration at Mach 10. The authors cautioned
that the grid resolution at the body surface might not have been adequate and expressed
uncertainty about the effect of artificial smoothing parameters. The authors concluded that
real gas effects may be important near the nosetip but not farther downstream. It should
be noted that perfect gas blunt nosetip solutions from the code reported by Kutler, Pedelty,
and Pulliam (1980) were used as starting solutions for both the perfect gas and real gas PNS

solutions.

The PNS code was used to compute heat transfer for an M735 configuration by
Balakrishnan and Weinacht (1986). The differences between perfect gas and real gas models
were examined by implementing engineering correlations for transport properties into the
PNS code. The real gas results showed an increase in heat transfer rate (as much as a 12%,

even at Mach 3) compared to the perfect gas results.

More recently, the effort to model in-flight thermal response of KE projectile fins using
three-dimensional and quasi-three-dimensional heat conduction codes (Sturek, Sturek, and
Ferry 1990; Sturek, Dwyer, and Ferry 1990) once again raised the need for accurate heat
transfer rates. ASCC code results were used in one study; PNS results were used in the
other. The PNS results, referenced in the report by Sturek, Sturek, and Ferry (1990} as
private communication, were performed for the M829 projectile in-house by Weinacht but
were never formally published. The PNS results to be presented in this report were generated
independently from those used by Sturek, Sturek, and Ferry (1990).

Finally, the work of Nusca (1990) is acknowledged as an ongoing engineering approach for
determining the aerothermodynamics of axisymmetric projectiles. That procedure uses the
viscous-inviscid coupling approach, with an assortment of more classical inviscid methods
available to the user.

5. COMPUTATIONAL APPROACH

5.1 PNS Numerical Technique. The PNS technique introduced by Schiff and Ste-
ger (1979) is a three-dimensional, finite difference, viscous flow solution procedure for at-
tached supersonic/hypersonic flow fields. The PNS technique spatially integrates the dimen-
sionless, transformed, steady, thin-layer, mass-averaged Navier-Stokes equations in strong
conservation law form. The Cartesian form of the governing equations represents steady-
state conservation of mass, momentum, and energy in transformed coordinates for large
Reynolds number flows and is written as




0E, oF 98G 188

- Re — 7

o Taptac—F % (7)
These equations were recast in cylindrical coordinates and applied by Rai and Chaussee

(1983). The major advantage is that the cylindrical coordinate formulation requires only

three circumferential grid planes for axisymmetric flow cases, within the framework of the

bilateral symmetry which is imposed. The cylindrical form of the governing equations was

used extensively in this study and is written as

oE, aF oG . -1,08 .
5 aC+H = Re (5 +5) (8)

The vectors E, , F , and G contain the transformed inviscid fluxes. E, is a modified flux
vector resulting from the subsonic sublayer approximation (Schiff and Steger 1979). The
vector S is the transformed vector of viscous terms that results from the thin-layer approx-
imation. The vectors H, and S, contain inviscid and viscous source terms, respectively,
resulting from the cylindrical coordinate formulation. The components of the vectors for the
Cartesian formulation are given in many sources, including Schiff and Steger (1979). The
components of all the vectors for the cylindrical formulation can be found in a report by
Weinacht and Sturek (1990).

The transformed coordinates are

¢ = {(z), the axial-like (marching) coordinate;

n = 5(z,y, 2), the circumferential-like coordinate; and
¢ = ((=,y,z), the outward coordinate.

The vector of dependent variables is

Q = [p, pu, pv, pw, €] (9)

in which the density is p; the axial, circumferential, and radial velocity componenis are are
u, v, and w, respectively; and the total energy per unit volume is e. The solution is obtained
at each grid point using the approximately-factored, implicit, delta-form, finite difference
algorithm of Beam and Warming (1978). Second order central-differencing is used in the
circumferential and radial directions, and first order one-sided differencing is used in the
marching direction. The solution is advanced downstream by numerically integrating in
the main flow direction. Each marching step requires a series of block tridiagonal matrix
inversions (sweeps) in the circumferential and radial directions.




Initial conditions for marching are generated using the PNS method in step-back
mode (Sturek and Schiff 1981), which assumes conical flow conditions near the nosetip and
iteratively refines the solution to satisfy this assumption. Fourth order explicit smoothing
terms are added to suppress high frequency oscillations. Second order implicit smoothing
terms are added to maintain numerical stability in regions of large pressure gradients (such
as fin leading edges).

Perfect gas behavior is assumed for all results presented in this report. Turbulence is
accounted for using the two-layer, algebraic eddy viscosity model of Baldwin and Lomax
(1978). In that model, the inner wall layer eddy viscosity is computed using a conventional
Prandtl mixing length with Van Driest (1951) damping. The outer, or wake, layer eddy
viscosity is based upon an evaluation of the maximum moment of vorticity and its distance

from the wall.

The outer boundary, which consists of the bow shock, is shock fitted using the implicit
procedure reported by Rai and Chaussee (1983). Bilateral symmetry conditions are imposed
at the pitch plane.

5.2 Body Surface Boundary Conditions. The body surface boundary conditions
are perhaps the most vital aspect of this application of the PNS technique. Extremely
fine grid resolution is required at the body surface to accurately define the temperature
gradients. An established adaptive grid technique (Sturek and Schiff 1980) is applied over
the configuration to ensure this. The adaptive grid technique controls the distance from the
wall of the interior grid points adjacent to the body. This is accomplished by monitoring the
boundary-layer coordinate, y*, defined as

(10)

"‘r=\/Tw/pwa (11)

in which v, is the kinematic viscosity at the body surface, and 7, is the shear stress at

in which u, is the shear velocity,

the body surface. The boundary-layer coordinate at the grid points adjacent to the body
surface, y{, is adjusted to stay within a specified range.

In direct conflict with this adaptive grid procedure are numerical limitations of the PNS
code which restrict the minimum allowable resolution at the wall. The restrictions become
pertinent in areas of severe pressure gradients, such as the fin leading edge, where numerical
oscillations can occur if i is too small. For this reason, it is important to implement tem-
perature boundary conditions that perform consistently within the limits of grid resolution
and numerical smoothing.




The body surface boundary conditions are applied both explicitly and implicitly. The
explicit boundary conditions are applied directly to the dependent variables. The implicit
boundary conditions are applied to the Jacobian matrices that relate the changes in depen-
dent variables in the marching (¢) direction. The implicit boundary conditions were applied
with first order and second order accuracy, and no differences were found in the computed
results. However, the explicit boundary conditions were found to have a noticeable effect on
the computed results even for the finest grid resolutions used.

The explicit body surface boundary conditions are applied as follows. The no-slip condi-
tion is enforced (u,, = v, = w,, = 0 throughout this study) and the pressure is held constant
across the subsonic portion of the boundary layer (i.e., the subsonic sublayer approximation).
The energy is defined from the pressure using the perfect gas law. The density boundary
condition is applied differently for the two conditions of adiabatic wall and specified wall

temperature, in the following manner:

(1) Adiabatic Wall Condition. To compute the adiabatic wall temperature, a zero heat

transfer wall boundary condition is imposed, that is,

(Z—:) lwan= 0 (12)

In the current PNS formulation, the n coordinate is assumed to be coincident with the
coordinate at the wall. It is noted that the current fin grid approach (Rai, Chaussee, and
Rizk 1983; Weinacht, et al. 1985) satisfies this assumption everywhere except on the fin
leading edge. In practice, the boundary condition is formulated as a zero density gradient in
the ( direction, and is applied using a one-sided difference. Therefore, in regions where large
temperature gradients exisi tangent to the body surface (i.e., at the fin leading edges), a
small error is expected. It was confirmed that a second order explicit implementation of the
density boundary condition was necessary to compute grid independent results for adiabatic

wall temperature, even with y; as small as 1.0.

(2) Surface Temperature Condition. To compute the heat transfer rate, a constant surface

temperature boundary condition is prescribed. The density is then determined from the
temperature and pressure. The overriding consideration is to use the finest grid resolution
possible at the wall without inflicting numerical instabilities into the solution. This approach,
used with a second order, one-sided, finite difference evaluation of the temperature gradient,
was found to be sufficient to achieve grid independent results for heat transfer. The heat
transfer results to be presented here were all generated using the aforementioned adaptive
grid technique, with a value of y; typically maintained at less than 0.5. The exception is at
the fin leading edges, where y} was sometimes as high as 2.0 or 3.0.




6. CONFIGURATIONS AND FLIGHT CONDITIONS

Three differer.. KE projectile configurations are examined here. The first two are fielded,
fin-stabilized KE projectiles: the M735 and M829 KE rounds. The third is an M829-like
cone-cylinder-flare configuration (identified here as F829) which is a conceptual hypervelocity

projectile design.

The computational models of the M735 and M829 projectiles, Figures 1 and 2, are
simplified versions of the actual models. Both models possess a conical nose section, followed
by a cylindrical section of constant diameter. The reference diameters of the cylindrical
sections are 35.2 mm and 27.05 mm, respectively. The total model lengths are about 14
calibers and 23 calibers (1 caliber = 1 cal = 1 reference diameter). Both models have six
fins equally distributed around the body, aligned with the projectile axis, with fin angles
19° and 20.25°, respectively. The fins have cylindrically blunted leading edges, and the fin

thicknesses are shown in the figures.

Other geometric simplifications are worth noting as follows. The sabot grooves on the
cylindrical portion of the actual configurations are replaced with a smooth surface. No
leading edge or trailing edge cuts are included. The juncture of the cylinder and the fin
leading edge is modified with a small rounded fillet, which typically extends about 0.3 to 0.5
cal upstream and downstream of the juncture. The overhanging fin of the M829 is modeled
with the cylinder extending to the fin trailing edge; the resulting fin gap is modeled as a
solid structure.

The F829 configuration, Figure 3, is similar to the M829 configuration. The F829 is
derived by replacing the fins of the M829 with a conical flare. Flare angles examined in this
study vary from 0° to 20° in increments of 4°.

The flight conditions used for each of the configurations are shown in Tables 1 through
3. The higher velocities of the M735 and M829 configurations represent the service launch
velocities for the 105mm and 120mm guns, as given in Department of the Army Firing Tables
FT 105-A-3, C-1 and FT 120-D-1, respectively. The lower velocities represent the respective
flight velocities at a range of 3000 meters. In all cases, atmospheric, sea level, free-stream
conditions are assumed. The angle of attack is fixed at 0°, and the spin rate is fixed at 0

rpm.

For the heat transfer computations, the wall temperature is specified as 294 K unless
otherwise indicated. It is noted that recent in-house heat conduction simulations (Sturek,
Sturek and Ferry 1990; Sturek, Dwyer, and Ferry 1990) indicate that the spatial variation of
wall temperature over the fin surface is quite pronounced, even at gun tube exit. Toward this
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Table 1. Flight Conditions for M735 Configuration

Mach No. | Velocity | Reynolds No. | Time of | Range
(m/sec) (Rem) Flight (sec) | (m)
4.36 1500 9.88x107 0.0 0.0
3.78 1300 8.58x107 2.1 3000.0

Table 2. Flight Conditions for M829 Configuration

Mach No. | Velocity | Reynolds No. | Time of | Range
(m/sec) (Rem) Flight (sec) | (m)
4.9 1670 11.1x107 0.0 0.0
4.36 1490 9.88x 107 1.9 3000.0

end, some additional results are presented for the M735 with wall temperatures higher than
the atmospheric value. The effect of spatially varying surface temperature on heat transfer
rate is not specificaily addressed but may be a topic for future study.

Fully turbulent flow conditions are assumed for all computations. Though the effect of
boundary-layer transition from laminar to turbulent flow is of definite interest, the prediction
of transition for general flow problems is beyond the present state-of-the-art in CFD. The
state of the boundary-layer on the fins of the configurations of this study is not known
for certain. However, the heat transfer rate for the fully turbulent flow condition serves
as an upper bound for the aerodynamic heating expected to occur in actual flight. The
determination of the laminar and transitional heat transfer rates is an area of future research.

7. RESULTS

7.1 MT735 Projectile - Adiabatic Wall Temperature. The first results to be
presented are the computed adiabatic wall temperatures for the M735 projectile. Figures 4
and 5 show the computed perfect gas adiabatic wall temperature over the M735 projectile
forebody and fin leading edge at Mach numbers 4.36 and 3.78, respectively. Discounting the
spikes that occur in the computed distribution, the computed adiabatic wall temperature
in each case varies by about 4% over the forebody and fin leading edges. The spikes are
believed to be numerical effects arising from the sensitivity of the adiabatic wall boundary
condition. The boundary condition is considered sensitive because it is based partly on a

numerically valued derivative (in this case, 3T /0n).
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Table 3. Flight Conditions for F829 Configuration

Mach No. | Velocity | Reynolds No.
(m/sec) (Rem)

11.8 4000 26.8x107
8.8 3000 20.0x107
5.9 2000 13.4x107
4.4 1500 9.96x107

Also shown in Figures 4 and 5 are reference adiabatic wall temperatures that have been
calculated using different free-stream temperature recovery factors (see Eq. (3)). These
temperatures are marked with their corresponding free-stream recovery factor. The inclusion
of these values demonstrates that free-stream conditions, along with recovery factors in the
range of 0.86 to 0.89, can provide a useful engineering approximation of perfect gas adiabatic
wall temperature consistent with both the PNS results and the classical boundary-layer

treatment.

Figures 6 and 7 show the computed chordwise distributions of adiabatic wall tempera-
tures. The temperatures are plotted as a function of axial distance from the leading edge.
At these spanwise locations, the computed distributions vary by only a few percent from
leading edge to trailing edge at each Mach number. Additionally, there is little dependence
on spanwise location when the results are viewed in this form. It is noted that the spanwise

location of zero refers to the fin root, and the spanwise location of one refers to the fin tip.

No further results are shown of computed adiabatic wall temperature for any of the
projectile configurations. For the perfect gas applications of this study, it is maintained that
the use of a constant free-stream recovery factor r;= 0.88 is justified for design work. A
major point of consideration is the retainment of the same T, distribution when forming
h as when later extracting ¢ during the subsequent heat conduction computations. In this
report, all heat transfer coefficients are formed using a constant free-stream recovery ry;=

0.88.

7.2 MT735 Projectile - Surface Heat Transfer Coefficient. Figure 8 shows the
computed heat transfer coefficient over the M735 projectile forebody and fin leading edge
at the two different Mach numbers. On the cone portion of the projectile, the computed
heat transfer decreases rapidly with respect to z/d close to the nosetip, and levels off toward
what appears to be an asymptotic value further from the nosetip. On the cylinder portion of
the projectile, the computed heat transfer distribution is practically constant at each Mach
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number, and the difference in the heat transfer coefficient is about 5%. On the fin leading
edge, however, the difference in computed heat transfer coefficient between the two Mach
numbers is about 30%. Unlike the computed adiabatic wall temperature, the computed heat
transfer distribution does not contain numerical spikes.

Figures 9 and 10 show the computed chordwise heat transfer coefficient over the fins at
several spanwise locations at the two different Mach numbers. At both Mach numbers, the
computed leading edge heat transfer varies only slightly beyond 1/4 span. Downstream from
the leading edge, the differences with respect to spanwise location become more apparent.
Close to the fin tip, the chordwise heat transfer distribution tends to level off to a constant
value downstream from the leading edge. Close to the fin root, the heat transfer distribution
passes through a trough which is followed by a smooth rise and fall toward an asymptotic

value.

The previous figures show heat transfer results for a constant wall temperature of 294
K. The behavior of the heat transfer coefficient with respect to surface temperature is of
interest as well, because the projectile surface temperature increases during the flight. The
common engineering approach is to assume that the heat transfer coefficient is constant with
respect to wall temperature. It should be noted, however, that a decrease of heat transfer
coefficient with respect to wall temperature is predicted by the turbulent flat plate analysis
of Van Driest (1951). For hypersonic flow applications, consideration of wall temperature
could be important.

Figure 11 shows the effect of body surface (i.e., wall) temperature on the heat transfer
coefficient on the forebody and leading edge at M = 4.36. Six different surface temperatures
are shown, varying from atmospheric temperature to slightly above the adiabatic wall tem-
perature. The surface temperatures have been non-dimensionalized to form a temperature

factor, Ty, defined as

Tw = 4atm
T] - Taw - Tatm (13)

in which T, is the wall temperature, T,,, is the adiabatic wall temperature based on a free-
stream recovery factor of 0.88, and Tm is the free-stream temperature (taken to be standard
atmospheric temperature). When 7, is equal to standard atmospheric temperature, T} is

equal to 0.0; when T, is equal to the adiabatic wall temperature, T} is equal to 1.0.

Figure 11 shows the heat transfer coeflicient to decrease, by as much as 20%, as the
wall temperature increases toward the adiabatic value. Comparing to Figure 8, it can be
postulated that the surface temperature effect may be as important as Mach number for
an accurate model of in-flight surface heat transfer. The same effect is re-illustrated in
Figure 12, where the heat transfer coefficient is plotted as a function of the temperature
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factor for several points on the projectile body. The heat transfer coefficient is well behaved
and decreases nonlinearly as the surface temperature increases from the atmospheric value

toward the adiabatic value.

7.3 M829 Projectile - Surface Heat Transfer Coefficient. As already stated,
the heat transfer coefficient reported here is formed using a perfect gas adiabatic wall tem-
perature obtained from Eq. (3), with an assumed value of the free-stream recovery factor
r; = 0.88. Figures 13 and 14 show the computed heat transfer coefficient distribution over
the M829 projectile forebody and fin leading edge at Mach numbers 4.9 and 4.36, respec-
tively. Also shown is the heat transfer coefficient distribution along the cylinder portion
between two adjacent fins; the heat transfer there does not appear to be greatly influenced

by the presense of the fins.

Figures 15 and 16 show the computed chordwise distribution of heat transfer coefficient
over the fins at several spanwise locations at the two different Mach numbers 4.9 and 4.36,
respectively. The leading edge distributions are quite similar between 3/8 and 7/8 span.
Downstream from the leading edge, the differences with respect to spanwise location become

more apparent.

7.4 F829 (Cone-Cylinder-Flare) - Surface Heat Transfer Coefficient. Results
are reported for the F829 cone-cylinder-flare configuration for flare angles varying from 0°
to 20° in increments of 4°. The FNS solutions were marched over the flare without the use
of a fillet for flare angles to 12°. A fillet of approximate length 0.1 calibers was added to the
cases with larger flare angles.

Figures 17 through 20 show the computed heat transfer coefficient for the F829 config-
uration at Mach numbers 11.8, 8.8, 5.9, and 4.4, respectively. The flare angle is plotted as
an additional parameter in each figure. For flare angles to 8°, the computed heat transfer
coeflicient barely reaches a peak value on the flare. For higher flare angles, the heat transfer
coeflicient reaches a peak value on the flare and decreases somewhat before the flow reaches
the aft end. At each Mach number, the location of peak heat transfer on the flare moves for-
ward with increasing flare angle. Also, for a constant flare angle, the location of peak heat
transfer moves rearward with the combination of increasing Mach number and increasing

Reynolds number that represents atmospheric sea-level conditions.

An interesting comparison of heat transfer coefficient can be made between Figure 14
(M829) and Figure 20 (F829). The free-stream Mach number of these two cases is within
0.04, and the sweeps of the fin and flare are within 0.25°. The peak leading edge heat transfer
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coefficient of the M829 is about 60% greater than the peak flare heat transfer coefficient of
the F829 with a 20° flare angle.

8. CONCLUSION

Viscous computational fluid dynamics (CFD) predictions have been presented of the sur-
face heat transfer characteristics of three kinetic energy (KE) projectile configurations. Two
of the configurations are fielded, fin-stabilized KE projectiles (M735 and M829). The third
is a cone-cylinder flare (F829) configuration which is a conceptual hypervelocity projectile
configuration formed by replacing the fins of the M829 with a conical flare of various sweep
angles. Results were presented of the perfect gas adiabatic wall temperature and surface
heat transfer coefficient, obtained using a parabolized Navier-Stokes (PNS) computational

technique.

The CFD predictions of adiabatic wall temperature at Mach 4.36 show variations of
only a few percent over the entire projectile surface. This demonstrates that a reasonable
engineering approximation can be made of the perfect gas adiabatic wall temperature by
employing a free-stream recovery factor of 0.86 to 0.89. Based on this finding, a free-stream
recovery factor of 0.88 was assumed throughout the study, and the surface heat transfer

coefficient was formed using such a convention.

The predictions of surface heat transfer coefficient show substantial differences in behavior
over the various surfaces of the projectiles. For both the M735 and M829, the heat transfer
coefficient on the cylinder is computed to decrease by only about 5% between the velocities
at launch and 2 seconds into flight (a range of about 3 km). On the other hand, the heat
transfer coefficient on the fin leading edge is computed to decrease by about 30% in this

same time frame.

The computed chordwise distributions of heat transfer rate on the fins of both config-
urations show dependence on spanwise location, but the importance of these differences in
the transient thermal response of the fins is unknown. Computations for wall temperatures
greater than the atmospheric temperature show that the heat transfer coefficient decreases
noticeably as the surface temperature of the projectile increases toward the adiabatic wall

temperature.
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The heat transfer coefficient for the F829 cone-cylinder-flare configuration was presented
for flare angles to 20°. Flare angles less than 8° do not show a significant peak in heat
transfer on the flare itself. Higher flare angles show the heat transfer to reach a peak on
the flare and decrease somewhat before the flow reaches the aft end. The location of this
peak is shown to depend on the flare angle, as well as the combination of Mach number and
Reynolds number that represents atmospheric sea-level free-flight conditions. At a Mach
number of approximately 4.4, the peak leading edge heat transfer rate of the M829 is about
60% greater than the peak flare heat transfer of the F829 with a 20° flare.

The computed heat transfer characteristics reported here are important because they
provide a necessary boundary condition for subsequent heat conduction computations, in
which the transient in-flight thermal response is simulated. The incorporation of CFD heat
transfer boundary conditions into such simulations is ongoing. The computation and assess-
ment of real gas and blunt nosetip effects on the heat transfer characteristics is also being

pursued.
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Figure 5. Adiabatic Wall Temperature Over M735 Forebody and Fin Leading Edge,
M=3.78

21




] 1/2 span
1200 - —-—-— 5/8 span
] — 3/4 span
ﬂ
1150 T VT r LR | . T LI ] ¥ I L L L r ) L H j
0 0.5 1 1.5 2 25

Axial distance from leading edge (cal)

Figure 6. Adiabatic Wall Temperature Over M735 Fin, M=4.36




1100 —
rf=.90
ry=.88
900 i 1) | 1 I 1) 1 Ll ] ] T L L I ] i { 1 I 1 ] 1T '
0] 0.5 1 15 2 2.5

Axial distance from leading edge (cal)
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Figure 9. Surface Heat Transfer Coefficient Over M735 Fin, M=4.36
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Figure 10. Surface Heat Transfer Coefficient Over M735 Fin, M=3.78
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LIST OF SYMBOLS

speed of sound

reference diameter of projectile

total energy per unit volume of fluid

unit vector perpendicular to body surface

»

Q

inviscid flux vectors of transformed gas dynamic equations

>h]>=lm a f

inviscid source term for cylindrical coordinate formulation

2]

of transformed gas dynamic equations
surface heat transfer coefficient
coefficent of conductivity

reference length

Mach number

distance along €,

;ﬁﬁ E"‘?r‘:"

Prandtl number for laminar flow

vector of heat transfer rate per unit area in 7 direction
heat transfer rate from fluid to body per unit area
vector of dependent variables of gas dynamic equations

(4]

free-stream sonic Reynolds number, poo@ood/ oo

D O =

em free-stream Reynolds number based on a length of 1 meter, poo Vool/ oo
recovery factor based on boundary-layer edge conditions

b ]

recovery factor based on free-stream conditions

-
[

distance from wall in 72 direction

viscosity vector of transformed gas dynamic equations

Uy U @

]

viscous source term for cylindrical coordinate formulation

of transformed gas dynamic equations

~

temperature

Ty temperature factor

u,v,w velocity components in z,y, z directions
U, shear velocity

V total velocity

z,y,2 physical Cartesian coordinates

yt boundary layer coordinate in 7 direction
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Greek Symbols

¥ ratio of specific heats

K coefficient of thermal conductivity
7 coefficient of dynamic viscosity

v coefficient of kinematic viscosity
&1n,¢ transformed coordinates

p density

T shear stress

SubscriEts

atm sea-level atmospheric condition

aw adiabatic wall condition

e boundary layer edge condition

0 stagnation, or total, condition

w wall condition

1 condition at first grid point away from wall
00 free-stream condition

|wait evaluated at the wall (body surface)
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